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A numerical study is presented of the residual strength of an aircraft fuselage in the presence of multiple site dam-
age (MSD)/muItiple element damage. The analyses were carried out using a software package that was developed
to facilitate automated analyses of full-scale fuselage panels with widespread fatigue damage, using a hierarchi-
cal approach and elastic-plastic finite element alternating method. The present study shows the importance of
elastic-plastic fracture mechanics in the assessment of the residual strength of a fuselage with two-bay longitudi-
nal/circumferential lead cracks, with and without MSD, and of the interaction between multiple lead cracks.

I. Introduction

STRUCTURAL integrity evaluation of aging aircraft structures is
extremely important in ensuring their continued airworthiness.

A fuselage of a commercial aircraft typically undergoes a cycle
of pressurization for every single flight operation. These cycles of
pressurization would result in fatigue cracking near the rivet holes
of the fuselage panel and could lead to a widespread fatigue damage
(WFD) situation. With the formation of WFD in the fuselage panel,
the fuselage structure may no longer meet the damage tolerance
requirement.

Recent studies suggest that WFD can significantly reduce the
residual strength of an aircraft fuselage.1"8 Damage tolerance re-
quires that a fuselage be designed so as to prevent a two-bay crack,
in either the longitudinal or circumferential direction (as shown in
Fig. 1), from unstable crack propagation. This requirement is to en-
sure the ability of the structure to sustain discrete source damage
induced by a foreign object. Under the current damage tolerance
philosophy, the inspection program of a fuselage panel is estab-
lished on the basis that a single lead crack, propagating between
detectable and critical size at limit load, will be detected before fail-
ure. This single lead crack is intended to represent a discrete source
damage from fatigue, accident, or corrosion in service. However,
when widespread fatigue damage exists in the fuselage panel, the
interaction of the lead crack with WFD has to be studied, and the
damage tolerance requirement of this structure needs to be changed
accordingly to ensure that the structure with WFD would meet the
same safety requirements of a structure without WFD. Some pre-
liminary analyses performed by Swift,3 based on two-dimensional
solutions, have shown that the residual strength of a fuselage can be
degraded below the required levels when small cracks (with size of
the order 0.05 in.) exist ahead of the lead crack. Furthermore, based
on experiments on flat panels, Maclin2 has found that cracks as small
as 0.05 in. ahead of the lead crack can reduce the residual strength
by more than 30%. To ensure the airworthiness of aging structures, a
study of the interaction between MSD cracks and a two-bay crack is
necessary to determine whether the residual strength of the fuselage
panel is reduced to below the required level.
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Given that the cost of computing has declined by several orders of
magnitude over the past decade, it is now economically feasible to
perform numerical analysis of a full-scale pressurized fuselage panel
to study not just a single two-bay crack but also the interactions of
multiple cracks (for example, due to multiple engine fragments) in
stiffened structures. Therefore, the interaction between multiple lead
cracks, to simulate discrete source damage induced by fragments in
the event of an engine disintegration, is also studied in this paper.
Furthermore, it is also possible to include certain nonlinear features,
such as the elastic-plastic material behavior, to accurately calculate
the interactions of plastic zones. With the ability to model a full-
scale fuselage panel with computational ease, the effect of location
of the two-bay crack, either in the longitudinal direction or in the
circumferential direction, is pursued.

A software package has been developed to facilitate automated
analysis of full-scale fuselage panels with WFD. After a brief de-
scription of the software package, this paper presents a numeri-
cal study, carried out using this software package, of the residual
strength of an aircraft fuselage in the presence of multiple site dam-
age (MSD)/multiple element damage (MED). The importance of
elastic-plastic fracture mechanics (EPFM) in the assessment of the
residual strength of a fuselage with longitudinal/circumferential lead
cracks, and with and without MSD, is discussed. Also, the effects
of interaction between multiple lead cracks are presented and dis-
cussed.

II. Automated Evaluation of Residual Strength
in the Presence of WFD

A software package with a user-friendly graphical user interface
(GUI) has been developed to efficiently perform the fatigue/fracture
analysis of MSD in fuselages with various designs of frames
and stiffeners. To substantially reduce the cost of computing, the
global/intermediate/local hierarchical modeling approach is used.
The software automatically generates the finite element mesh of
the skins, stiffeners, frames, and rivets for each level of modeling,
using the data provided through the GUI interface. It also extracts
automatically the boundary conditions for the intermediate/local
models from the results of global/intermediate analyses, respec-
tively. The global and intermediate analyses are carried out using
a standard finite element method, wherein the cracks are modeled
explicitly with a coarse mesh, to obtain the load flow pattern around
the damage zone near the MSD cracks, A local analysis, based on
the elastic-plastic finite element alternating method (EPFEAM),6"8

follows the global/intermediate analyses to obtain the elastic-plastic
fracture parameters1 > 9-1 0 (the J integral or the T* integral). There is
no need to model the cracks explicitly in the local analysis because
the EPFEAM is used. At the end of the analysis, the software pro-
vides the graphical output of the residual life and strength estimates
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Fig. \ Damage tolerance requirement based on a two-bay crack.

for the fuselage with MSD in the presence of a discrete source
damage.

In the global analysis, conventional linear elastic finite element
analysis of the multibay stiffened shell panel is performed. The
fuselage skin is modeled by eight noded shell elements with five
degrees of freedom per node, whereas the frame, stringer, and tear
strap are modeled by three noded beam elements. The fasteners in the
fuselage panel are modeled by using spring elements and multiple
point constraints. The stiffness of the fastener, when it is assumed
to behave linear elastically in the global model, is represented by
the empirical relation11

KF =
ED

A + C(D/tl) + (D/t2)
(1)

with A = 5.0 and C = 0.8 for aluminum rivets. D and E are the
diameter and elastic modulus of the rivet, respectively, and t is the
thickness of the skin. Whenever there is a crack, the stiffness of
the fasteners along the crack length becomes zero as the fasteners
will not be able to bear load in that direction. A typical global model,
shown in Fig. 2a, has 7 frames and 20 stringers with approximately
3000 elements.

After the global analysis, which uses a coarse mesh to capture the
overall load flow of a large section of a fuselage panel, the displace-
ment boundary conditions of a smaller section are transferred to
an intermediate model. This intermediate model contains the entire
lead crack of the fuselage panel. In the intermediate analysis, the
frames, stringers, and fasteners are modeled in greater detail; each of
the fasteners is properly positioned according to the physical model,
whereas the frames and the stringers are modeled with four noded
shell elements, as shown in Fig. 2b. In this intermediate analysis,
the capability of analyzing nonlinear fastener behavior as well as
nonlinear geometric behavior is provided. To capture the interac-
tion between the lead crack with much smaller MSD cracks, a local
analysis of a smaller section of the fuselage skin is carried out. In the
local model, the rivet loads are distributed on the rivet hole periph-
ery according to an analytical solution; no separate elastic-plastic
contact analysis of the rivet with the hole is performed. Such con-
tact analyses are presently underway. The rivet holes are meshed in
detail, as shown in Fig. 2c, and the elastic-plastic material behavior
is accounted for.

It is assumed that the details of the fuselage panel are provided
by the original equipment manufacturer or can be easily obtained
from a database. A user can choose the orientation of the cracks in
either the longitudinal or circumferential direction. The center of
the lead crack, with respect to the frame/stringer position, can be
changed to study the effect of crack location on the residual strength
of the fuselage panel. To obtain the residual strength curve, the user
would be asked to input the initial and final crack lengths. For a
longitudinal crack, the user is also given an option on whether the
tear strap is broken, and for a circumferential crack, the user is given
an option on whether the stringer is broken. After the interactive
input session, the program automatically generates the appropriate
global/intermediate/local models for the analyses.

III. Two-Bay Crack in the Longitudinal Direction
The fuselage shell panel under consideration is a typical wide-

body commercial aircraft. It is stiffened along the longitudinal

a) Global model

b) Intermediate model

— I'

II

!
c) Local model

Fig. 2 Global/intermediate/local hierarchical process.

direction by stringers and in the circumferential direction by frames
and tear straps. The tear strap at the center of the two-bay crack is
assumed to be broken. The skins, frames, stringer, and rivets are
assumed to be made of aluminum, whereas the tear strap is made of
titanium. The overall dimensions of the fuselage are given in Fig. 3.
The critical stress intensity factor for the aluminum skin is taken
to be 90 ksiyin. For the elastic-plastic analysis, the T* (with an
equivalent critical value of 0.771 ksi • in.) integral (see Refs. 1 and
6-9 for further details) is used as the fracture criterion.

Earlier, in Refs. 1 and 6-8, a detailed discussion of the residual
strength of flat unstiffened panels with lead cracks, in the presence of
MSD, has been presented. In these studies, detailed residual strength
calculations based on linear elastic fracture mechanics (LEFM) as
well as EPFM were presented. Also, detailed comparisons with test
data for 10 different panels, based on tests conducted at the National
Institute of Standards and Technology, were performed.6"8 Based
on these studies,1'6'8 it has been established that the predictions
of residual strength in the presence of MSD agreed extremely well
with test data when EPFM was used, whereas similar predictions
were anticonservative, i.e., the predictions of residual strength were
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fuselage radius =118.5" frame spacing =20"
skin thickness = 0.071" stringer spacing = 8"
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Fig. 3 Geometric dimensions of the fuselage panel.
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Fig. 4 Residual strength as a function of the crack size.
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Fig. 5 Locations of the two-bay crack.

much higher than the test data, when LEFM was used. In extending
the results of Refs. 6-8, the present paper considers the residual
strength of a built-up stiffened curved fuselage panel with a lead
crack and MSD.

In this study, the residual strength of the fuselage panel has been
calculated as a function of the lead crack size. In Fig. 4, the horizontal
line (at 8.6 psi) represents the typical operating internal pressure in a
fuselage of a commercial plane. The solid curve represents, for each
length of the lead crack, the pressure at which the lead crack would
become unstable, as predicted by LEFM, i.e., the pressure at which
the computed K factor becomes equal to the fracture toughness.
Thus, the residual strength for different lengths of the lead crack,
as predicted by LEFM, is the vertical distance between the solid
curve and the horizontal line represented by 8.6 psi. Likewise, the
vertical distance between the broken curve and the horizontal line
represented by 8.6 psi is the residual strength for different lengths
of the lead crack, as predicted by EPFM. Thus, it is seen that the
predictions based on LEFM are anticonservative (thus giving a false
sense of security) as compared with those based on EPFM.

A two-bay crack has been placed at three different locations to
examine the effect that the location of the two-bay crack would have
on the overall residual strength curve, as shown in Fig. 5. In Fig. 5a,
the two-bay crack lies in the middle of two stringers; in Fig. 5b, the
two-bay crack lies in the row of fasteners on the top of a stringer; and
finally in Fig. 5c, the two-bay crack lies on the top of the fastener
row of the upper skin section of a lapjoint. It has been found that
the residual strength of a two-bay crack for the case of Fig. 5a is
significantly higher than that of the cases of Figs. 5b and 5c, as shown
in Fig. 6. Furthermore, assuming that the operating pressure in the
fuselage is 8.6 psi, Fig. 6 shows that a two-bay crack for the case of
Fig. 5a would be arrested ahead of the frame, whereas the two-bay
crack for the case of Fig. 5b would not be arrested until the crack tip
passes the frame location. The differences in the residual strength for
these three locations can be attributed to the design of the frames. As
can be seen from Fig. 7, when the crack lies between two stringers,
there is an additional frame clip that constrains the two-bay crack

BEN STRINGERS

ON STRINGER

ON LAP JOINT

Frame
ation^Jx>cat

4 6 8 10 12 14 16 18 20 22
HALF CRACK LENGTH (INCHES)

Fig, 6 Residual strength curve for a two-bay crack at different loca-
tions.
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Fig. 8 Interaction between two large cracks.

from opening. However, when the crack lies on the stringer or on
the lapjoint, there is no secondary frame to constrain the crack from
opening.

IV. Interaction Between Multiple Cracks
First, consider the interaction between a two-bay crack and a

single-bay crack. Both of these cracks lie in the middle, between two
stringers. The center of the two-bay crack would lie on the frame,
whereas the center of the single-bay crack would lie in the middle
of the bay. The sizes of these two cracks are varied such that both
crack tips have an equal distance d to the frame position, as shown
in Fig. 8. (Note that Fig. 8 shows only the local model in the earlier
described hierarchical modeling of the curved stiffened fuselage.)
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Interaction of a lead crack with three smaller cracks.

The result from Fig. 8 shows little interaction between these two
cracks when the distance between the two crack tips is more than
4 in., even though the size of the lead crack may be as large as 36 in.
However, when these two crack tips are only 2 in. apart, the residual
strength of the fuselage panel is reduced by more than 20%. The
strong interactions between these two cracks can be attributed to the
plastic zones for the two crack tips interacting with each other.

As shown in Fig. 4, the maximum arresting capability of the stiff-
ener occurs when the size of the two-bay crack exceeds the two-
frame interval. Therefore, to understand how a secondary crack
can reduce the maximum arresting capability of the stiffener, the
size of the lead crack in this example is chosen to exceed the two-
frame interval by 4 in. In this example, the secondary crack is 2
in. ahead of the lead crack and the size of the secondary crack is
varied from 2 to 8 in., as shown in Fig. 9. The result shows that

the reduction of critical pressure in the presence of the lead crack
varies linearly with the size of the secondary crack, from 10 to
30% (based on elastic-plastic analysis). Furthermore, the result also
shows that the larger lead crack has more influence on the smaller
secondary crack than the smaller secondary crack would have on the
lead crack. A comparison between linear elastic and elastic-plastic
analysis shows that the linear elastic solution would significantly
underestimate the severity of the interaction between these two
cracks.

In the next example, the extent of the reduction in residual
strength, due to three smaller cracks in front of the two-bay crack, is
studied. The elastic-plastic analysis shows that the residual strength
of the lead crack is influenced not only by the size of the smaller
cracks but more importantly by the distance of these cracks from
the lead crack, as shown in Fig. 10. Furthermore, it has been found
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that, when the same analyses for the 1-in. cracks are performed
using the linear elastic assumption, the residual strength would be
overestimated by a factor of two. Similar studies were also carried
out to examine the effect of the interactions of MSD cracks with the
two-bay crack. The result given in Fig. 11 shows that the residual
strength of the lead crack would be reduced by 10% when the size
of the MSD cracks is 0.2 in. Again, as seen in Fig. 11, the linear
elastic assumption greatly underestimates the interaction between
the lead crack and the MSD cracks.

V. Two-Bay Cracks in the Circumferential Direction
Much research has been devoted to the studies of cracks in the

fuselage lap joints. However, circumferential cracks may result in
more serious consequences if their growth cannot be arrested by the
stiffened structure of an aircraft fuselage. Circumferential cracks
received less attention because the axial stress due to pressurization
is smaller than the hoop stress caused by pressurization. However,
the axial skin stress at certain locations on the aircraft fuselage, as
illustrated in Fig. 12, can be higher than the hoop stress, due to
the fuselage down bending and the cabin pressure. The axial stress
can be as high as 34 ksi (see Ref. 5), which is about 70% of the
initial yield stress. (The initial yield stress of AL 2024-T3 is 47 ksi.)
Because the panel works at such a high level of gross stress, even
a small stress concentration factor can lead to yielding. Therefore,
extensive plastic deformation can be expected in the presence of a
lead crack, and nonlinear material behavior becomes very important
in the study of residual strength in such a case.

The following is a brief description of the panel under consider-
ation. The location of a circumferential crack in a component test
is shown in Fig. 13. More details may be found in Ref. 11. The
skin is AL 2024-T3 and 0.071 in. thick. Stringer spacing is 8 in.
The cross-sectional area of each stringer is 0.5471 in.2 In the test
the panel failed at the gross stress of 39.7 ksi, with the half-crack
length equal to 9.88 in. The fracture toughness of the skin material is
198 ksiv"in., as suggested by Swift.5

Figure 14 shows the residual strength curves obtained using
LEFM and EPFM. When the computed residual strength is com-
pared to the load at the failure as determined in a test,11 it is seen

Frame ^

LEAD CRACK TIP RIVET HOLES

15%

0 0.05 0.1 0.15 0.2 0.25
MSD CRACK LENGTH (INCHES)

Fig. 11 Interaction of a lead crack with MSD cracks: ——, elastic, and
——, elastic-plastic.

that the LEFM prediction overestimates the residual strength of the
panel by a large amount. However, the EPFM approach only slightly
underestimated the residual strength of the panel. Here, the residual
strength curve is obtained by computing the failure load at different
crack sizes. Therefore, the effect of stable tearing of the skin is not
considered. In the test,11 a static loading was applied on the panel
to force the crack to grow from a half-crack length of 7.38 in. to the
final failure. Because of the plastic hardening, the panel can take
slightly higher load than at the crack initiation. Therefore, the load
at crack initiation will be slightly smaller than the failure load ob-
served in the test. Thus, we consider the prediction obtained by the
EPFM approach to be very good.

Figure 15 shows the equivalent plastic strain contour plots for
cracks of different sizes at the critical loads. It is seen that the plas-
tic zones are very large, with a radius of more than 5 in. The plas-
tic deformations around the rivet holes can also be recognized by
the small dark zones near the locations of the rivet holes. As the
crack size increases, the center broken stringer takes a smaller load.
This is indicated by the disappearance of plastic deformations near
the rivet holes located at the center stringer. More and more load
is transferred onto the crack-arresting stringers as the crack size
increases, as indicated by the plastic deformations near the rivet
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Fig. 15 Equivalent plastic strain contour plots for lead cracks of different half-lengths.

holes at the crack-arresting stringers. As the crack tips approach the
crack-arresting stringer, the plastic deformations around the crack
tips are restricted by the stringers. However, right after the crack
tips penetrate the crack-arresting stringers, as seen in the contour
plot, Fig. 15g (a = 8 in.), the size of plastic deformation reaches the
maximum. At this point, the residual strength curve reaches a local
maximum point (see Fig. 14), and the crack-arresting stringers are
behind the crack tips.

The plastic deformations are nearly symmetric about the crack
plane for all crack sizes, though they are disturbed near the location
of the frame (located below the crack in the contour plots). This
indicates that the effect of the frame is not significant.

Figure 16 shows the residual strength curves for the circumfer-
entially cracked panel with frames of different size. In this analysis,
we doubled the size of the frame to study the effect of the frame. It is
seen that the size of the frame almost makes no difference. In a real

structure, the skin of the fuselage will buckle in the presence of a
large crack. A frame near the crack can act as an antibuckling guide.
In this hierarchical analysis, no buckling is allowed. Therefore, the
antibuckling effect of the frame is not studied.

Figure 17 shows the effect of cabin pressurization. In Fig. 17, we
compute the residual strength for the case where there is only axial
loading and for the case where there are both axial loading and hoop
stress (due to pressurization). Because the pressurization changes
mainly the hoop stress, which does not affect mode-I loading of
the circumferential crack, little difference in the residual strength
curves is observed in both the linear elastic fracture analysis and the
elastic-plastic fracture analysis.

In the test,11 it was observed that the panel failure was precipitated
by rivet failure in the crack-arresting stringers. Because the rivets
on the crack-arresting stringers transfer the load from the skin to the
stringers, the nonlinear behavior of the rivets can have a considerable
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2 3 4 5 6 7 8
Half Crack Length (in)

Fig. 16 Residual strength curves for the circumferentially cracked
panel with frames of different sizes.
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Fig. 17 Residual strength curves for the circumferentially cracked
panel with and without cabin pressure.
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Fig. 18 Nonlinear rivet-flexibility curve.

effect on the crack-arresting capability of the panel. To study this
effect, we use the empirical flexibility curve5 to model the nonlin-
ear effect of the rivets on the residual strength of the panel. The
empirical flexibility curve is shown in Fig. 18. This flexibility curve
was obtained from an experiment in which a riveted joint was loaded
until the rivet failed.5 Therefore, this flexibility curve includes the
actual plastic deformation of the skin.

The effect of nonlinear behavior of rivets can be seen in Fig. 19.
Because of the yielding of rivets, a smaller load is transferred onto
the stringer from the skin. This decreases the residual strength of the
cracked panel. The reduction is observed in both the LEFM analysis
and the EPFM analysis. However, the influence of the nonlinear be-
havior of rivets is smaller in the EPFM analysis because the yielding
of the skin around rivet holes was modeled in the EPFM analysis.

Multiple site fatigue damages can reduce the residual strength
of an aircraft fuselage in the presence of a large circumferential
crack. Figure 20 shows the percentage reduction in residual strength
for the case where the lead crack tips just penetrated the crack-
arresting stringers, and the distance between the first MSD and the
tip of the lead crack is 1 in. Three different cases were analyzed,
corresponding to situations where 1) there is one rivet hole, with
cracks, ahead of a lead-crack tip; 2) there are three rivet holes with
MSD cracks, ahead of a lead-crack tip; and 3) there are five rivet

Fig.

2 3 4 5 6 7 8 9 1 0 1 1
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19 Effect of the nonlinear behavior of rivets.
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Fig. 20 Percentage reduction in the residual strength due to MSD
cracks.

30
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Fig. 21 Residual strength in the presence of MSD cracks and a lead
crack with a half-crack length of 8 in.

holes with MSD cracks ahead of a lead-crack tip. Figure 20 shows
how the residual strength decreases as the size and the number of
rivet-hole cracks increase. The more MSD cracks, the larger is the
reduction in residual strength. Although the fatigue damage can
significantly reduce the residual strength of the panel, the panel will
not lose the capability to arrest a two-bay circumferential crack at
the operating stress level (assumed to be 34 ksi) until the MSD
cracks are of significant length. This can be seen in Fig. 21.

VI. Conclusions
A numerical study of the residual strength of an aircraft fuselage

in the presence of MSD/MED has been carried out using a soft-
ware package developed to facilitate automated analyses of full-
scale fuselage panels with WFD, a hierarchical modeling approach,
and an EPFEAM.

Numerical results show a significant reduction in residual strength
due to the presence of MSD when elastic-plastic analyses are per-
formed. Using the elastic-plastic assumption, the effects of the lo-
cation of the two-bay crack on the residual strength have also been
studied. In addition, the interaction of multiple cracks, including
MSD cracks, with a two-bay crack has been studied.
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A circumferential crack at a critical location in the fuselage with
high axial stress is also analyzed. Very large plastic zones are ob-
served, with a radius of more than 5 in. at the critical loads. Plastic
deformation near rivet holes is also very significant. The effect of
the yielding and failure of the rivets on the crack-arresting stringers
is to decrease the crack-arresting capability of a circumferentially
cracked fuselage, as do the multiple site damages in the skin of the
fuselage. Because the LEFM approach significantly overestimates
the residual strength of a cracked panel and underestimates the in-
fluence of MSD, the EPFM approach is mandatory for the study of
residual strength of a circumferential crack at critical locations.

Thus, this paper shows the importance of EPFM in the as-
sessment of the residual strength of a fuselage with longitudi-
nal/circumferential lead cracks, with and without MSD. This paper
also shows the strong interaction between multiple lead cracks.
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